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STATIC MODELLING OF AN OPEN-CYCLE LIQUID-PROPELLANT
ROCKET ENGINE

SUMMARY

Ensuring that a rocket engine meets the mission performance requirements is critical
for the successful operation of launch vehicles. Compliance with these requirements
is verified through qualification tests. To reduce test costs and enable faster decision-
making during development, establishing a high-accuracy engine model is a priority.
Throughout the engine development process, subsystem performance may deviate
from expected values. The cumulative impact of these deviations can drive overall
engine performance outside the specified requirements. Therefore, maintaining
traceability through modelling during the development phase and making corrective
decisions based on model outputs are essential.

In this thesis, an open-cycle liquid-propellant rocket engine is modeled. The model
solves 16 nonlinear equations simultaneously to obtain 16 key performance variables
that define the engine cycle. Once these key variables are determined, all remaining
system performance outputs such as thrust, specific impulse, gas-generator
temperature, and hydraulic pressure losses can be calculated. Using literature data,
the model is applied to the KRE-075 engine and validated at the nominal design
point. The largest discrepancy is observed in the gas-generator results and the turbine
pressure ratio, reaching approximately 5 - 8%. This difference is attributed to the use
of tabulated gas-property data from Huzel’s book for the gas-generator solution
under fuel-rich operating conditions.

Under off-design operating conditions, variations in the positions of the control
valves located in the gas-generator lines and in the thrust-chamber fuel line are
investigated. For engine throttling, the most dominant effect is found to be driven by
the gas-generator oxidizer control valve position, followed by the gas-generator fuel
control valve position. Changes in the thrust-chamber fuel control valve position
have a limited influence on the overall engine behavior. However, this valve is
beneficial to trim the thrust chamber mixture ratio (O/F).

The developed model produces solutions significantly faster than one-dimensional
(1D) transient solvers and provides a detailed representation of the engine
performance response to configuration changes. The model provides a practical,
flexible and robust analysis for engine preliminary design stages. In this respect, the
model is capable of supporting industrial engine development activities and can
provide a common framework for both academic investigations and industrial design
studies.
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ACIK CEVRIM SIVI YAKITLI ROKET MOTORUNUN STATIK
MODELLENMESI

OZET

Firlatma araglarinda roket motorunun, belirlenen gorev gereksinimlerini karsilayacak
performanst saglamasi kritik dneme sahiptir. Bu uygunluk, motor performansinin
gereksinimler dahilinde oldugunu gosteren kalifikasyon ve kabul testleri ile
dogrulanir. Motor gelistirme test sayilarini azaltmak ve gelistirme siirecinde yer alan
iteratif tasarim dongiilerine yonelik daha hizli tasarim kararlari alabilmek firlatma
araci gelistirme proje maliyeti acisindan olduk¢a onemlidir. Dolayisiyla, firlatma
aract gelistirme siirecleri igerisinde yiiksek dogrulukta bir motor modelinin
olusturulmasi elzemdir.

Roket motoru gelistirme ¢alismalar1 boyunca motoru olusturan alt sistem
performanslarinda belirlenen ve hedeflenen performans c¢iktilarinda sapmalar
olusabilir. Uriine déniisen bilesen, iinite ve alt komplelerde olusabilecek performans
sapmalarmin  birikimsel etkisi roket motorunun performansini  tasarim
gereksinimlerinin digina ¢ikmasina neden olabilir. Bu riskin minimize edilebilmesi
ve roket motor performansinin hedeflenen gereksinimleri saglayacak sekilde kalibre
edilmesi gereklidir. Bu nedenle, gelistirme donemi boyunca izlenebilirligin
modelleme ile saglanmasi ve performans sapmalarina karsin sistem 6zelinde alinacak
kararlarin model ¢iktilar iizerinden verilmesi 6nem tasir.

Bu tez kapsaminda, agik ¢evrimli sivi yakitli bir roket motoru olan gaz jenerator
cevrimli s1v1 yakitl roket motorunun statik olarak modellenmesi gerceklestirilmistir.
Gelistirilen statik model zamana bagli bir ¢6ziim igermemekte olup gegici rejim icin
modelleme yapmadigindan statik model olarak adlandirilmistir. Motorun bulundugu
calisma rejiminde sagladigi kararli hal performansii ¢ikti olarak tiiretmektedir.
Cozlim igerisinde motoru olusturan bilesen, {inite veya alt komplelere ait performans
karakteristikleri girdi olarak kullamlmaktadir. Itki odasi igin alan orami, enjektérler
icin bosaltma katsayilari, vanalar i¢in akis katsayilari, pompalar i¢cin basma — akis
egrileri, tiirbin i¢in verim egrilerini, hidrolik hatlar i¢in kayip katsayilar1 girdi olarak
kullanmaktadir.

Statik model, gaz jenerator ¢evrimli sivi yakitl roket motoru ¢evrimini tanimlayan
16 dogrusal olmayan denklemin niimerik olarak ¢oziilmesine dayanmaktadir. Bu
denklemler igerisinde yer alan 16 motor performans parametresi ¢éziim kokii olarak
belirlenmektedir. Her iterasyonda giincellenen bu parametrelerin yakinsamasi ve
denklemlere ait artik degerlerinin sifira yaklagmasi ile birlikte ¢oziim
tamamlanmaktadir.

Statik modelde kullanilan denklemlerin ¢oziilmesi sonucunda elde edilen 16 kritik
performans parametresi; turbopompa devri, pompa verimleri, itki odas1 ve gaz
jeneratoriine giden oksitleyici ve yanict debileri, yanma odasi basinglari, tiirbin
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verimi, tlirbin adyabatik hizi, tiirbin ¢ikisindaki gaz sicakligi, tiirbin ¢ikisindaki gaz
basinci, ve tiirbinde yer alan liile ¢ikisindaki Mach sayisim1 kapsamaktadir. Bu ana
degiskenler belirlendikten sonra motor itkisi, vakum 6zgiil itkisi gibi elde edilmek
istenen diger tiim sistem performans ¢iktilart hesaplanabilmektedir.

Model ¢oziimiinde yer alan itki odasindaki yanma odas1 basincini hesaplarken ihtiyag
duyulan yanma iiriinii gaz 6zelliklerinin (6rnegin, sicaklik, 6zgiil 1s1 oran1 ve gaz
sabiti) elde edilmesi amaciyla CEA, “Chemical Equilibrium and Applications”,
kullanilmaktadir. Tez kapsaminda c¢alisilan roket motorunda gaz jeneratorii yanici
zengin caligmaktadir. Yanici zengin yanma reaksiyonlari i¢in CEA kullanim1 uygun
olmadigindan dolayr gaz jeneratdrinde yer alan yanma odasi basing
hesaplamalarinda kullanilan gaz 6zellikleri uygun korelasyonlar kullanilarak elde
edilmigtir. Kullanilan korelasyonlar ile deneysel sonuglar arasindaki farklar tezde
detayl1 olarak verilmistir.

Statik model kullanilarak Kore Havacilik ve Uzay Arastirma Enstitlisii tarafindan
gelistirilen KRE-075 gaz jenerator ¢cevrimli sivi yakith roket motoru igin performans
sonuclar1 elde edilmistir. Modelde kullanilan ve motoru olusturan bilesen, iinite ve
alt sistemlere ait girdi verileri KRE-075’in gelistirme siirecinde gerceklestirilmis olan
ve agik literatiirde yer alan testler ile analizlerden temin edilmistir.

Model dogrulamasi amaciyla statik model sonuglart KRE-075 motoruna ait agik
literatlirde yer alan performans verileri ile karsilastirilmistir. Karsilagtirma sonucunda,
tasarim verileri ile model ¢iktilar1 arasindaki farkin gaz jeneratorii toplam debisi ve
yanma odasi basinci i¢in yaklasik %5, tiirbin basing orani igin ise yaklasik %8
oldugu belirlenmistir. Gaz jeneratdrii yanma odasi basinci hesaplanmasinda yer alan
gaz Ozelliklerinin belirlenmesi amaciyla kullanilan korelasyonlardan kaynaklanan bu
sapmalar makul ve kabul edilebilir seviyede degerlendirilmistir.

KRE-075 motorunda motor debilerinin kontroliinii saglayan 3 adet kontrol vanasi
mevcuttur. Bunlardan ikisi gaz jeneratorii oksitleyici hatti ve yanict hattinda yer
almakta olup digeri itki odasi yanici hattinda yer almaktadir. Tez kapsaminda,
motorun tasarim noktasi disindaki motor performans haritasinin tiiretilebilmesi
amaciyla, 3 kontrol vanasinin farkli kisilma oranlari i¢in motordaki performans
cevabi tiiretilmistir. Boylelikle, motoru olusturan bilesen, iinite ve alt sistemlerin
birbirleriyle etkilesimi detaylandirilarak motor performansi Ttizerindeki etkileri
gosterilmistir.

Gaz jeneratorii oksitleyici hattinda bulunan kontrol vanasinin agikliginin arttirilmasi
ile birlikte gaz jeneratoriindeki yanma odasi karisim oraninin arttifi ve tiirbine
beslenen gaz sicakliginin ytikseldigi belirlenmistir. Artan gaz sicaklig tiirbin giiciinii
artirmakta, pompalara aktarilan giiciin yiikselmesi ise hem oksitleyici hem de yanici
pompalar tarafindan g¢ekilen debilerin artmasina neden olmaktadir. Bu durum gaz
jeneratoriine giden yanici debisinin de artisini saglamaktadir. Gaz jeneratdriinde
tretilen gaz sicakligindaki artisa ek olarak, gaz jeneratdriine beslenen yanici
debisinin yilikselmesiyle tiirbine giren toplam kiitlesel debinin kiimiilatif olarak artis
gostermesi sonucunda, motorun itkisinin artirilmast veya azaltilmasi islemlerinde
baskin kontrol degiskeninin gaz jeneratorii oksitleyici debisi oldugu goriilmiistiir.

Gaz jeneratorii yanict hattindaki kontrol vanasinin agilmasi ise gaz jeneratoriindeki
karisim oranini azaltmakta ve tiirbine beslenen gaz sicakliginin diismesine neden
olmaktadir. Sicaklik diisiisiine bagli olarak tiirbin giicii azalmakta, bu da pompalara
aktarilan giiclin ve pompalarin ¢ektigi debilerin diismesine yol agmaktadir. Sonug
olarak gaz jeneratoriine beslenen oksitleyici debisi azalmaktadir. Bu nedenle, gaz
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jeneratorii oksitleyici kontrol vanasinda goézlenen birikimsel etki burada ortaya
¢tkmamaktadir.

Itki odas1 yanic1 kontrol vanasi pozisyon degisimlerinin sistem iizerindeki etkisinin
smirli oldugu, buna karsin itki odast karigim oraninin (O/F) dengelenmesi amaciyla
uygun bir kontrol eleman1 oldugu gosterilmistir.

Gelistirilen model, bir boyutlu gegici rejim ¢ozliimlerine kiyasla ¢ok daha hizli ¢oziim
iiretmekte ve sistemdeki degisimlere verilen yanitt ayrintili bicimde ortaya
koymaktadir. Bu yoniiyle model, endiistriyel motor gelistirme faaliyetlerine destek
saglayabilecek ve akademik calismalar icin koprii niteligi tasiyabilecek bir ara¢ olma
niteligi tasimaktadir.
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1. INTRODUCTION

1.1 Overview

In recent years, the development of launch vehicles has gained considerable
momentum and has become a key area of competition in the fast-growing space
sector. Growing global interest in access to space has led public and private

organizations to invest in propulsion and orbital deployment technologies.

Under the “NewSpace” paradigm, missions have shifted toward smaller, lower-cost
payloads, and more actors have entered the space industry. This change has brought a
sharp increase in launch activity. In particular, launch attempts increased by about
70% between 2016 and 2021. Despite the increase in launch attempts, the success
rate reached its lowest level in 2020. Figure 1.1 shows the number of launch attempts
and the succes rate between 2006 and 2020. Cost and schedule limitations make
sustainability a core design requirement, including minimizing orbital debris, post-

mission disposal and reduced impacts on Earth’s environment [1].
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Figure 1.1: Launch Attempts and Success Rates Between 2006 — 2020 [1]



Fernandez et al. [1] classified launch-vehicle failure causes into eight subsystems:
Propulsion (PROP), Trajectory and Attitude Control (TACS), Power Storage and
Distribution (POW), Telemetry (TEL), Onboard Computer (OBC), Thermal Control
(TCS), Structures (STR) and Separation (SEP). Figure 1.2 illustrates a key finding
that propulsion accounts for 54% of failures. Among propulsion failures, only one
involved a solid rocket motor; the remaining failures concerned liquid propellant
rocket engines (LPREs). Within LPRE failures, the feeding system, pipes, valves and

thrust chamber constitute 76% of cases, as shown in Figure 1.3.
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Figure 1.2: Launch Failures in the 15 years up to 2021 [1]

8%

Feeding system
Pipes & valves
Thrust chamber

Structures

TVC system

H B B 0 B B

Tanks

B Other

Figure 1.3: Launch Failure Roots in LPRE [1]



1.2 Scope of Thesis

The primary objective of this thesis is to develop a static (steady-state) performance
model to support the preliminary design phase for a gas generator-cycle liquid-
propellant rocket engine (LPRE). The model is a zero-dimensional tool that
generates LPRE performance maps, enabling propulsion designers to trace engine
performance throughout development and to related subsystem requirements directly
to propulsion behaviour. Given that propulsion accounts for a high share of launch-
vehicle failures, the thesis emphasizes establishing consistent, high-reliability
requirements and deriving clear performance relationships among propulsion

subsystems.

In order to establish such requirements, the physics of complex LPREs must be
modeled. The developed static model provides the engine performance outputs under
varying propellant flow rates (e.g., gas generator oxidizer flow rate, thrust chamber
fuel flow rate) and hydraulic resistances (e.g., gas generator oxidizer control valve
position). During subsystem development, individual components may deviate from
expected performance. The performance tool evaluates how such deviations affect

the engine’s performance outputs and provides responses at all engine station points.

The approach is computationally efficient, delivering rapid and reliable predictions
suitable for early design stages without the resource demands of high-fidelity
transient simulations. The model covers turbopumps, piping, valves, cooling
channels, injectors, the gas generator and the thrust chamber. It computes
performance for any change in system parameters. Thus, off-design performance

maps can be produced.

The ultimate goal is to enhance the preliminary design process by enabling a
comprehensive analysis of subsystems relationships, reducing schedule risk when

critical decisions must be made and contributing to LPRE technology.






2. LITERATURE REVIEW AND BACKGROUND

2.1 Liquid-Propellant Rocket Engine Cycles

Liquid-propellant rocket engines have different system architectures and cycles, but
all ultimately delivery propellants from the tanks to the thrust chamber at the
required flow rate, pressure and temperature. Thrust is generated by releasing the
chemical energy of fuel and oxidizer mixture in the thrust chamber. In LPREs,
propellant pressurization is performed either by pressurized gas (pressure-fed) or by
turbomachinery (pump-fed). Liquid-propellant rocket engines can be mainly
classified into pressure-fed, gas-generator cycle (open) cycle, staged-combustion
cycle, expander cycle and electric pump-fed cycle. Each system architecture has

advantages and disadvantages relative to the others.

In LPREs, the Pressure-fed engines have the simplest feed system. The engine uses
propellant tanks pressurized by a high-pressure pressurant gas (typically helium or
nitrogen) and deliver propellants to the thrust chamber through regulators, lines, and
valves. To maintain the required pressure drop across the feed system and injectors,
tank pressure must exceed chamber pressure, so the tanks are built heavier to
withstand the higher pressure. This leads to heavier tank designs. The absence of
turbomachinery reduces complexity, however, the achievable chamber pressure and
thrust are limited by tank mass and pressurant requirements. Consequently, pressure-
fed engines typically have lower thrust and, often, lower specific impulse than
comparably sized pump-fed engines. Theese engines are mostly used in small
launchers, upper stages, and attitude-control applications. Figure 2.1 shows a

schematic of pressure-fed liquid-propellant rocket engine
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Figure 2.1: Pressure-fed system schematic [2]

Gas generator-cycle liquid-propellant rocket engines are open-cycle and have
turbomachinery. In gas generator-cycle LPREs, there are oxidizer and fuel pumps hat
pressurize the propellants. The turbine produces the work required to drive the
pumps. In order to produce work in the turbine, high entalphy gas is needed, and this
gas is produced in the gas generator. A small portion of the total propellant
(generally between 3-7% of the total) is burned in the gas generator [3] and the
remaining propellant is burned in the thrust chamber to produce thrust. The hot gas
produced in the gas generator drives the turbine and this gas is dumped overboad
after the turbine. Therefore, the specific impulse is lower than that of other closed-
cycle liquid-propellant rocket engines. Figure 2.2 shows a typical gas generator-cycle

engine.
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Figure 2.2: Gas generator cycle engine schematic [2]

Many gas generator cycle LPRESs have been developed by different countries. For the
Apollo missions, the F-1 engine was developed and used in the first stage of the
Saturn V launch vehicle. Figure 2.3 shows the first stage of Saturn V, and the engine

used in this vehicle is still the most powerful single-chamber rocket engine [3].
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Figure 2.3: First Stage of Saturn V [3]



In recent years, in United States, SpaceX has a developed a gas-generator cycle
LPRE, and a notable example is the Merlin engine family, known for its high thrust-
to-weight ratio [4]. Figure 2.4 shows a Merlin 1D engine firing test.

Figure 2.4: Merlin 1D [4]

The CE-20 was developed by the Indian Space Research Organization (ISRO) and is
used in the upper stage of the Launch Vehicle Mark-3 (LVM3) [5]. Figure 2.5 shows
the CE-20 engine piping and instrumantation diagram (P&ID).

LH2 Tank

LOX Tank

Figure 2.5: CE-20 P&ID [5]



The L75 engine has been under development at the Instituto de Aeronautica e
Espaco (IAE) as Brazil’s first project to design and build an open-cycle LPRE [6].
Figure 2.6 shows the L75 P&ID.
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Figure 2.6: L75 P&ID [6]

The Korean Aerospace Research Institute (KARI) has developed sounding rockets
and launch vehicles. Figure 2.7 presents the historical development of sounding

rockets and launch vehicles by KARI.
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Based on the technology developed for the 30-tonf LPRE, a 75-tonf LPRE was
developed. This engine is used on the first stage of the the Korean Space Launch
Vehicle — II (KSLV-II), and its vacuum variant is used on the second stage of the
KSLV-II. Figure 2.8, Figure 2.9 show the P&ID and design of the 75-tonf LPRE on
the first stage of KSLV-II.
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The staged-combustion cycles are more efficient compared to gas generator-cycle
LPREs. However, their complexity is higher than that of GG-cycle LPREs. Staged-
combution cycle engines are closed cycles. There is a preburner instead of a gas
generator, the preburner produces the hot gas to drive the turbine. Unlike the gas
generator cycle, the turbine exhaust gas is not vented to the atmosphere. Instead, the
turbine exhaust gas is fed into the main combustion chamber; thus, all propellants

contribute to the thrust produced in thrust chamber.

There are three main staged-combustion cycles which are oxidizer-rich staged
combustion cycle, fuel-rich staged combustion cycle and full-flow staged

combustion cycle.

If the preburner is designed for oxidizer-rich combustion, the cycle is called oxidizer-
rich staged combustion cycle. This approach is commonly observed in Russian

LPRESs; RD-180 engine uses an oxidizer rich staged combustion cycle [2].

Instead of preferring oxidizer-rich combustion in the preburner, the fuel-rich staged
combustion cycle uses a fuel-rich preburner. These engines are commonly designed
in the United States; the most well-known example is the RS-25 engine for National
Aeronautics and Space Administration (NASA) Space Launch System (SLS) [2].

Figure 2.10 illustrates a schematic of fuel-rich staged combustion cycle.
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Figure 2.10: Fuel-rich staged combustion cycle schematic [3]
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There are two preburners in the full-flow stage combustion cycle, one fuel-rich and
the other oxidizer-rich. Figure 2.11 shows a full flow staged combustion cycle

schematic.
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Figure 2.11: Full flow staged combustion cycle schematic [3]

The SpaceX Raptor engine that used on the Starship and Super Heavy Launch

Vehicles, uses a full flow stage combustion cycle [3].

In expander-cycle LPREs, the required turbine drive working gas is obtained from
the combustion chamber’s cooling channels. Fuel is heated, vaporized as heat
transferred from the combustion chamber walls along the cooling passages. The
heated fuel drives the turbine. If the turbine exhaust gas is fed into the combustion

chamber, the cycle is a closed expander cycle, as shown in Figure 2.12.
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Figure 2.12: The closed expander cycle schematic [3]
In another type of the expander cycle, a small portion of the propellant is used to
drive the turbine, and this portion is dumped overboard after the turbine. Figure 2.13
shows a schematic of an open expander cycle LPRE schematic. The specific impulse

is lower than that of closed cycle expander LPREs, because of the overboard flow.
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Figure 2.13: The open expander cycle LPRE schematic [3]

Electric pump fed LPREs use electrically powered pumps; therefore, a high enthalpy
gas generation system is not required. Batteries provide the power required by the

pumps. Figure 2.14 illustrates a schematic of an electric pump-fed LPRE.
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Fuel pump

Figure 2.14: Electric pump-fed LPRE schematic [3]

2.2 Liquid Propellant Rocket Engine Performance Modelling: Methods and

Trends

A lot of modeling studies of LPRE have been conducted to support LPRE
development and reduce development costs. In the literature, LPRE modeling studies
are commonly classified as zero-dimensional (0D), one-dimensional (1D) and three-

dimensional (3D).

Three-dimensional (3D) computational fluid dynamic (CFD) analyzes and models
are applied at the component level such as injector elements, cooling channels and
turbomachinery flow paths. These analyses provide high fidelity, but their
computational cost is high. Therefore, this approach is generally not feasible for full

engine simulation.

1D network analyses are primarily developed and performed to model transient
effects. In this context, the well known tools are GFFSP, ROCETS, RPA and

EcosimPro.

ROCETS (Rocket Engine Transient Simulation) was developed for NASA by Pratt
& Whitney. This program provides 1D transient and steady-state analyses, using 24

component modules (e.g., combustion chamber, pump), 57 sub modules [9].
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Binder modeled RL10A-3-3A rocket engine using the ROCETS software and he
compared simulation results with test data. The steady-state model predictions were
found to be more accurate than the transient model results. For all measured data,
steady-state results were within about 4% error range. In transient calculations, most
results were within 4% error, whereas the turbine inlet temperature differed by up to
7%. Binder indicated that the discrepancy between the steady-state and transient
calculations was caused by cooling jacket heat transfer modeling. Steady-state
calculations use a heat transfer model based on test data, whereas the transient model

relies on more complex theoretical calculations [10].

GFSSP (Generalized Fluid System Simulation Program) was also developed by the
NASA and provides 1D transient and steady-state analyses to derive flow rates,
pressures, temperatures and concentrations in a complex flow network. GFSSP is
implemented using the finite volume formulation of the mass, momentum and energy
conservation equations with equations of state for real fluids [11]. This tool is
typically used for specific transient cases such as water-hammer and chilldown rather
than for modeling a full engine simulation. Access to and use of ROCETS and

GFSSP are subject to government approval.

EcosimPro is a zero-dimensional and one-dimensional simulation tool developed by
Empresarios Agrupados. This tool also supports optimization and parametric studies.
It is not dedicated solely to modeling LPREs; it is also used across hydraulic,
pneumatic, thermal, mechanic and control domains to solve multidisciplinary
engineering problems. Systems can be modeled in 0D and 1D form, and their
behavior can be analyzed under both steady-state and transient conditions. For space
propulsion applications, EcosimPro offers the European Space Propulsion System
Simulation (ESPSS) libraries developed in collobration with European Space Agency
(ESA) to model rocket and satellite propulsion systems. Access to ESPSS module is
subject to ESA pre-approval [12].

Park, S., Lee, E. and Lee, M studied one-dimensional gas generator cycle LPRE
model in EcosimPro and they performed a Monte Carlo analysis using 500 run
simulations. Thus, they quantified how component level tolerances propagate to
system performance. They varied the total dynamic heads of oxidizer and fuel pumps,
pumps and turbines efficiencies, turbine nozzle and thrust nozzle diameters, and

evaluated their effects on main chamber pressure, main chamber mixture ratio,
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turbine inlet temperature and nozzle thrust. They claim that the Monte Carlo
approach gives a narrower range of output variations than room sum square (RSS)

analysis and it is more efficient for designing gas generator cycle LPRE [13].

DLR (Deutsches Zentrum fiir Luft- und Raumfahrt e.V.) has developed an in-house
tool that analyzes the performance of the main components and calculates the engine
power balance and overall engine performance. There is no publicly available
information about this tool or its algorithmic structure. Therefore, the details of the

underlying mathematical model and the scope of the tool remain unknown [14].

ID  network analyzes models are more accurate compared to zero-dimensional
models. However, solution time is higher. Therefore, when the change is needed in
the some parameters to shifting system from one point to another point, more quick
solution method is needed. With this purpose, some methodologies were studied for

preliminary design stages of LPRE.

Park, S.Y. and Cho, W.K. studied a program which solves 13 independent equations
to calculate 13 independent variables to perform mode analysis of gas generator
cycle LPRE. In this study, Newton method is used to solve equations numerically.
Then, they calculated other engine performance parameters using found 13 variables.
They showed the effect of change in gas generator oxidizer pressure change due to
increasing loss coefficient of control valve. They indicated that gas generator
oxidizer mass flow rate is reduced and this leads to decreasing turbopump rpm and

combustion chamber pressure [15].

Cho, W.K. and Park, S.Y. analyzed a gas generator cycle LPRE without active
control to demonstrate how propellant supply conditions affect system performance.
They used a model that solves 13 independent equations for 13 engine variables,
following algorithm shown in Figure 2.15. After validating the model with tests, they
performed sensitivity studies on propellant density and inlet pressure. They reported
that increasing oxidizer supply pressure raises the main performance parameters such
as flow rates, turbopump speed, chamber pressure, whereas increasing fuel supply
pressure has a limited overall effect because the higher fuel flow shifts the gas
generator mixture ratio to the fuel rich side and reduces turbine power. They also
found that higher oxidizer density increases chamber pressure, and higher fuel

density increases chamber pressure since the total mass flow rate increases [16].
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Figure 2.15: Solution algorithm for the coupled engine equations [16]

Cho, W.K. and Kim, C. analyzed how pressure drops in the feed lines of gas
generator cycle Liquid Oxygen (LOX) / Kerosene LPRE affect performance. They
used a mode analysis model that solves 15 independent equations to obtain 15 engine
variables. The study varied pressure losses in four main lines including combustion
chamber oxidizer and fuel lines, gas generator oxidizer and fuel lines. They
examined the effects on turbopump speed, chamber pressure and gas generator
temperature. They found that changes in combustion chamber oxidizer line and gas
generator feed lines are the main drivers of turbopump RPM. Also, gas generator
oxidizer line having the strongest influence, while the combustion chamber fuel line
has the weakest effect on turbopump RPM. It was also stated that the changing
pressure drop in the gas-generator lines alters thrust almost twice as effectively as
changes in the combustion chamber lines. The pressure drop adjustments in the

combustion chamber feed lines can be used to tune the chamber mixture ratio [17].
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3. MATHEMATICAL MODELLING OF GAS GENERATOR CYCLE
LIQUID PROPELLANT ROCKET ENGINE

3.1 Gas Generator Cycle Liquid Propellant Rocket Engine

Gas generator cycle LPRE mainly consists of oxidizer, fuel pumps, hydraulic lines,
flow control valves, cooling channels in thrust chamber and gas generator, thrust
chamber and gas generator injectors, turbine and turbine exhaust system. Depending
on system design, some differences may observed in these systems. For instance,
some gas generator cycle liquid propellant rocket engines have passive control
elements on the hydraulic lines such as orifices, cavitating venturi, and in some
rocket engines there are active control elements such as mixture ratio control valve,
thrust control valve. On the other hand, turbine exhaust systems can differ one by
one. In some systems, especially in cryogenic systems, pressurizing system has heat
exchanger and this is located generally in turbine exhaust. Using high temperature
gaseous, cryogenic inert gaseous is heated and used for pressurizing tanks. Also,
depending on propellant selections, some systems have to use ignition system. In
hypergolic propellants, ignition systems are not needed but for nonhypergolic

propellant it is needed.

3.1.1 Thrust chamber

The thrust chamber is a unit where chemical energy is produced from the fuel and
oxidizer reaction and chemical energy is converted into kinetic energy and thrust by
accelerating the high enthalpy gases through convergent-divergent nozzle. It
comprises the injectors, the combustion chamber, the thermal coating or cooling
systems and ignition system (if it is required), nozzle for gas expansion and structural

elements that transmits thrust loads.

Injector provides atomization of oxidizer and fuel, and droplets are occurred in

combustion chamber. Droplets are vaporized since these absorb heat from the hot
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environment. The mixed gases continue heating; once ignition criteria are met,
combustion proceeds. In chambers with stable combustion, complete vaporization

and reaction of the propellants are expected within the region upstream of the throat.

The thrust chamber is a unit where chemical energy is released from the fuel and
oxidizer reaction, then, chemical energy is converted into kinetic energy and thrust
by accelerating the high entalphy gases through convergent divergent nozzle. It
comprises the injectors, the combustion chamber, the thermal coating or cooling
systems and ignition system (if it is required), nozzle for gas expansion and structural

elements that transmits thrust loads.

Injectors atomize of oxidizer and fuel, and droplets are formed in combustion
chamber. These droplets absorb heat from the hot environment and vaporize.
Vaporized droplets are mixed and these mixed gases continue heating; once
ignition/activation criteria are met, combustion proceeds. In chambers with stable
combustion, complete vaporization and reaction of the propellants are expected

within the region upstream of the throat.

In order to calculate performance of thrust chamber, mostly used specific impulse
term which indicates the thrust per mass flow rate. Specific impulse is affected by
combustion efficiency of propellants, product gas expansion performance in nozzle,

oxidizer and fuel ratio and atomization efficiency [18].

- 3.1)

Characteristic velocity is another performance parameter which indicates combustion

performance [18].

_ (3.2)

Thrust coefficient is a measure of nozzle design quality and gas expansion properties

[18].
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_ (3.3)

Thrust can be calculated as the sum of two terms: the momentum thrust and the
pressure thrust. Momentum thrust is the mass flow rate multiplied by the exhaust
velocity relative to the vehicle. Pressure thrust is the nozzle exit area multiplied by

the pressure difference between the nozzle exit and the ambient.

= +( - ) (3.4)

Properties of the combustion products formed in the combustion chamber play a
critical role in the thrust chamber performance calculations. These properties depend
on chamber pressure and mixture ratio. In practice, these properties are often
obtained by NASA’s Chemical Equilibrium and Applications (CEA) that was
developed at NASA Lewis Research Center. CEA computes the equilibrium
composition and calculate thermodynamic properties of product gas based on
minimizing Gibbs free energy. Thus, thermophysical data is provided for product gas
such as viscosity, specific heat, average molecular weight. CEA uses propellant
combination, combustion chamber pressure, mixture ratio, nozzle expansion ratio as
input. Using these inputs, CEA computes gas properties along the nozzle and returns

theoretical performance metrics including specific impulse and thrust coefficient

[19].

Using the theoretical specific impulse and thrust from CEA, the ideal mass flow rate

can be computed as indicated in (3.5).

=— (3.5)

CEA results are theoretical. In practice, deviations arise from effects such as heat
transfer and friction losses. To account for these effects, the literature uses correction
factors. The first is the thrust coefficient correction that is the ratio of actual to ideal
thrust, typically 0.92-1.00. A second factor corrects specific impulse and this

correction factor is typically 0.85-0.98. Similarly, correction factors for mass flow
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rate and characteristic velocity are used as 0.98 —1.15 and 0.87 —1.03, respectively

[18].

3.1.2 Gas generator

Gas generator’s purpose is to produce the high enthalpy working gas that drives the
turbine. It comprises the injectors, combustion chamber, the thermal coating or
cooling systems and ignition system (if it is required). It has no expansion nozzle,
and flow chocking occurs in the turbine rather than gas generator itself. Accordingly,
the gas generator is designed to satisfy required mass flow, pressure and temperature
to turbine rather than to obtain thrust. Nozzles are not located in the gas generator,

nozzle placed in turbines. The mass flow rate chocking is occurred in turbine nozzles.

Gas generator temperature is a critical constraint. To avoid exceeding turbine
operating limits, gas generator produced gas temperature must remain within
allowable limits. Some gas temperature values for selected engines are given in

Table 3.1.

Table 3.1: Different Engine Gas Generator Temperature Values [20, 21, 22]

Engine Cycle Propellant Combination  Gas Temperature (K)
F-1 GG LOX /RP1 1062
KRE-075 GG LOX / Jet A-1 900
RD-180 SC LOX / Kerosene 820

Table 3.1 shows that the gas produced in the gas generator is not a stoichiometric
condition. It is either very fuel or very oxidizer rich condition. For instance, the gas
generator of the KRE-075 uses a mixture ratio of 0.321 (fuel-rich), whereas the RD-

180 pre-burner operate at mixture ratio of 50 approximately [21, 22].

In highly fuel rich environments, the use of CEA is not appropriate. In a study

performed in DLR, it is stated that CEA calculates higher temperature than the

23



experimental results. With the cracking of long hydrocarbon chains; less
hydrocarbon, pure carbon and hydrogen molecules are released in CEA results than
the real. However, in fuel rich combustions, there are still unburned chain molecules.

Figure 3.1 shows the deviation of combustion temperature value at lower mixture

ratios [23].
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Figure 3.1: LOX — Kerosene combustion in fuel rich environment [23]

When surveying the literature, Huzel reports tabulated gas properties for low mixture
ratio conditions. Table 3.2 summarizes these gas properties for LOX and Rocket
Propellant-1 (RP1) [18]. Lee, S., Lim, T. and Roh, S.T. developed a subsystem based
system analysis program for LPRE performance. Huzel’s fuel — rich and oxidizer
rich property sets were used in the gas generator module. Model results were
compared to A-1 reference engine from Huzel, F-1 and RD-170. It was stated that
specific impulse differences of about 1-2% and thrust to weight ratio deviations of

smaller than 5%, which they judged to be within acceptable limits [24].

Table 3.2: Gas Properties for LOX / RP1 for Fuel Rich Mixture Ratio [18]

Temperature Cp R Mixture
(K) Ratio
(O/F)
866.4833 2658.618 1.097 232.96787574 0.308
894.2611 2675.3652 1.100 242.65245257 0.320
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922.0389 2692.1124 1.106 253.41309348 0.337
949.8167 2704.6728 1.111 315.28677872 0.354
977.5944 2713.0464 1.115 271.16815098 0.372
1005.372 2725.6068 1.119 278.70059962 0.390
1033.15 2733.9804 1.124 288.38517644 0.408

1060.928 2742.354 1.128 298.06975326 0.425
Table 3.3 (continued): Gas Properties for LOX / RP1 for Fuel Rich Mixture Ratio
[18]
Temperature Cp R Mixture
(K) Ratio
(O/F)

1088.706 2750.7276 1.132 312.05858645 0.443
1116.483 2759.1012 1.137 317.4389069 0.460
1144.261 2763.288 1.140 326.58545168 0.478
1172.039 2767.4748 1.144 335.73199645 0.497
1199.817 2771.6616 1.1448 344.34050918 0.516

In another study on LOX — Jet A-1 gas generators, the thermodynamic properties of
the combustion products were modeled as functions of mixture ratio. The authors
conducted fuel rich gas generator tests and compared the results with Huzel’s
tabulated data. They stated good agreement in gas temperature with Huzel’s data,
while gas constant (R), specific heat ratio (y) and constant specific heat () were
consistent with the values obtained from their interpolation correlations, as shown in

Figure 3.2, Figure 3.3, Figure 3.4 and Figure 3.5 [25].
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Figure 3.3: Specific Heat Ratio vs O/F ratio [25]
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Figure 3.5: Constant Specific Heat vs O/F Ratio [25]

3.1.3 Injectors

Injectors atomize and deliver the propellants into the combustion chamber. Their
design is critical for combustion efficiency because it influences the local mixture
ratio, the droplet size distribution, and the droplet evaporation time. These

parameters affect overall engine performance. For stable operation and to provide
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damping against instability, the injector is typically sized to impose a pressure drop
on the order of 15 to 20 percent of chamber pressure. If the injector pressure drops
falls to below about 5 percent of chamber pressure, chugging may occur [18]. There
are many injector types, including impinging, swirl, dual manifold, high pressure
drop, and pintle injectors. Different types affect the discharge coefficient and the

stability characteristics. The pressure drop equation for injectors is given in the (3.6).

— \/ﬁ (3.6)

3.1.4 Turbopump

A turbopump is an assembly that couples a turbine to one or more pumps to
pressurize the propellants. Power produced by the turbine is transmitted to the pumps,
which convert it into hydraulic power to raise propellant pressure and deliver the
required flow to the engine. Various turbopump layouts appear in the literature, as
presented in Figure 3.6. In the simplest arrangement, a single shaft carries the turbine
and drives both the oxidizer and the fuel pump. Other architectures use separate
turbines for each pump, or transmit turbine power through a gearbox that splits and
matches power to the oxidizer and fuel pumps. These configuration choices are
driven by required head and flow, rotational speed limits, packaging, and control

strategy.
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Figure 3.6: Different designs of turbopumps [2]

In a turbopump, the power produced by the turbine must equal the total power

required by the pumps to pressurize the propellants.

- + (3.7)

The head is commonly used to measure pressurization in the pumps. Head is defined
as the pressure rise of the fluid divided by the product of the fluid density and the

gravitational acceleration.

A =B (3.8)

The head generated by a pump depends on rotational speed and flow rate. It varies at
different rpm and flow rate values. In an engine, the operating point is determined by
the intersection of the pump characteristic curve and the system characteristic curve.
Figure 3.7 shows a representative pump curve and the design operating point where

it meets the system curve.
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Figure 3.7: Pump characteristic curve and system hydraulic resistance curve [18]

The turbine must deliver slightly more than the sum of the pumps hydraulic power

due to mechanical and hydraulic losses. Therefore, the pump power is calculated as

indicated the Equation 3.9.

-2 (3.9)

Establishing the pump characteristic curves is essential for engine performance
calculations. The common approach to testing pumps and construct to performance
maps is to use dimensionless coefficients. In particular, the head coefficient ( ) and
the flow coefficient ( ) enable derive pumps off design behavior. Thus, the head and

efficiency can be obtained at different rotational speeds and flow rates.

- (3.10)

- (3.11)

Once the pump characteristic curves are derived, the head (or pressure rise) can be

expressed as a function of rotational speed and flow rate. Cho, K. W. and Kim, C.
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used the Equation (3.12) to calculate the pressure rise across the pump; the equation
includes the rotational speed n, mass flow rate m , fluid density p and fitted

coefficients calibrated to the pump curves.

A = 2 4 + 2 (3.12)

Analogous to the head correlation, pump efficiency can be modeled by regressing
efficiency values against rotational speed and mass flow rate using the performance

map. The resulting coefficients allow prediction at off-design conditions.

The turbine provides the power required by the pumps by using the working fluid’s
enthalpy. As the power produced by the turbine is converted to mechanical power,
losses occur and are represented as efficiency in the work balance. The generated
power depends on the enthalpy of the fluid and the mass flow rate. As the flow

admitted to the turbine decreases, the overall system becomes more efficient.

_ Co= ) (3.13)

Under the ideal gas isentropic flow assumption, using the isentropic temperature and

pressure relation, the turbine power equation is formed as indicated in the (3.14).

-1

o1=(—)") Sk
0

Turbines can be designed as impulse or reaction types, as shown in Figure 3.8. In a
reaction turbine, the gas expands as it passes through the rotor, and a pressure drop
occurs across both the rotor and the stator nozzles. In an impulse turbine, most of the
pressure drop occurs in the nozzles, and the rotor primarily converts the jet velocity
into work. Reaction turbines are commonly used for low pressure ratios and high
flow rates, whereas impulse turbines are preferred for high pressure ratios and low

flow rates.
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Figure 3.8: Impulse (a) and reaction type (b) [26]

The velocity corresponding to the isentropic enthalpy drop from the turbine inlet
stagnation pressure to the final exhaust pressure is called the spouting (isentropic)

velocity .

o:JZ o= (—) 1 3-15)
0

Turbine efficiency varies with turbine types, stage count and ratio of the pitchline
velocity U to the isentropic spouting velocity o ( / o). Figure 3.9 shows a trend of
efficiency versus these parameters as representative. In order to maximize energy
extraction from the working fluid, a high turbine inlet temperature and a large
pressure drop ratio are desirable which increase . However, higher spouting
velocity causes higher pitchline velocity. Because pitchline velocity is limited by
centrifugal stresses, the turbine design can be different from the best efficieny point

[27].
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Turbine performance map is established through a combination of high-fidelity
analysis and experiments. Turbine efficiency can be expressed as function of
rotational speed and pressure ratio. Thus, the turbine efficiency can be calculated for

off-design operating conditions.

3.1.5 Valves & feed lines

The valves are used to isolation propellants to thrust chamber and gas generators.
According to operation sequence, these are opened and propellants flows to
combustion chambers. Not only shut off valves but also control valves are used in

LPREs. The control valves are used to mixture ratio controlling or throttling.

The pressure drop calculations for valves and feed lines are not straightforward.
These depend on material properties (e.g., roughness), diameter, inlet pressure which

means the general analysis is not applicable.

The pipe loss can be calculated using (3.16) including density of propellant p, flow
velocity V, and the flow coefficient K [24].

(3.16)
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= — (3.17)

The valve pressure drop is calculated using valve coefficient in practice. Valve
coefficient () is determined with the experiments and this enables to calculate

pressure drop [28].

A = (—) (3.18)

4. STATIC PERFORMANCE TOOL

The static performance tool is a numerical model that determines sixteen key engine
performance variables by solving sixteen coupled nonlinear equations

simultaneously. Using obtained sixteen key performance parameters, all system

34



performance parameters can be calculated. Sixteen unknown performance parameters
are shown in  .sixteen nonlinear equation is solved as iteratively and  is updated at
each iteration. When residual values are converged to zero, is not updated and this

is found as solution root.

The first two of sixteen equations are solved to obtain the head of the oxidizer and
fuel pumps as functions of mass flow rate and rotational speed. The pump discharge
pressures are then determined by adding the calculated head to the inlet boundary
pressures ~ and . The coefficients A, B, and C in the equations are specific

to the characteristic curves of the fuel and oxidizer pumps and differ for the two

1= ’ _< S +'2> 4.1)

+1

, = ’ —( o+ 2 + 2) 42)

+1

pumps.

The following three equations in the set derive the combustion-chamber pressure.
Equations (4.3) and (4.4) compute the combustion chamber pressure by calculating
the pressure losses along the hydraulic lines downstream of the oxidizer and fuel

pump outlets.

Oxidizer is delivered from the oxidizer pump outlet and to the combustion chamber.
Along this hydraulic path, the oxidizer passes the chamber oxidizer line, the chamber
oxidizer valve, and the chamber oxidizer injector. The pressure loss across these
hydraulic resistances must equal the difference between the oxidizer pump discharge

pressure and the combustion chamber pressure.
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4.3
)

+1
Similar to oxidizer hydraulic calculations, the pressure loss across the fuel hydraulic
resistances must equal the difference between the fuel pump discharge pressure and
the combustion-chamber pressure. Accordingly, the pressure drops are calculated
along the combustion chamber fuel path includes combustion chamber fuel line and

its components (e.g., orifices, valves, cooling channel, injectors.)
4= —( : - A ) (4.4

+1

The Equation (4.5) uses the fuel and oxidizer mass flow rates supplied to the
combustion chamber and derives the combustion-chamber pressure. To determine
the combustion-gas properties (y, R, T) appearing in the equation, NASA’s CEA

(“Chemical Equilibrium with Applications”) was used.

C + )

5 j i >% (4.5)
| —

+1

The (4.6), (4.7) and (4.8) of the equations in the set derive the gas-generator
combustion-chamber pressure. Starting from the oxidizer-pump outlet, the oxidizer
flow to the gas-generator combustion chamber passes in sequence through the gas-
generator oxidizer line and its components (orifices, control valve, shutoff valve) and
the oxidizer injector. The pressure loss generated across these hydraulic resistances
must equal the difference between the oxidizer-pump discharge pressure and the gas-

generator combustion-chamber pressure.

6= —( , - A )
(4.6)

+1
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Starting from the fuel-pump outlet, the fuel flow to the gas-generator combustion
chamber passes in sequence through the gas-generator fuel line and its components
(orifice, control valve), the gas-generator cooling channel, and the gas-generator fuel
injector. The pressure loss generated across these hydraulic resistances must equal
the difference between the fuel-pump discharge pressure and the gas-generator

combustion-chamber pressure.

6= —( , - A )
(4.7)
+1
The Equation (4.8) uses the fuel and oxidizer mass flow rates supplied to the gas
generator and derives the gas-generator combustion-chamber pressure. For
determining the burned-gas properties, because the gas generator operates fuel-rich,
obtaining a solution with CEA does not yield accurate results. Gas properties from

Huzel’s study were used.

) 4.8)
()

+1
The velocity obtained from the isentropic expansion between the turbine nozzle inlet

pressure and outlet pressure is determined by the relation given in the Equation (4.9).
The parameter used to calculate the turbine power depends on the gas properties

produced in the gas generator and on the pressure ratio across the turbine.

2
9 , - ) 1- (—) (4.9)

+1

Operation at different rotational speeds and pressure ratios affects turbine efficiency.
Equation (4.10) in the set is used to calculate the turbine efficiency corresponding to

these varying speeds and pressure ratios. The coefficients (A, B, C, D, E, F) belong
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to the correlation fitted to data over different speeds and pressure ratios. It is an

empirical expression.

R R N e
. (_)+}(2 ) 0)

For the pumps, the best-efficiency point mostly lies at the on-design condition.

Equations (4.11) and (4.12) are the correlations used to represent pump efficiency at

different rotational speeds and flow rates.

u= ' —( + + 4 + 2 4 ) (4.1
+1 1)

1o —( + 2 + 2+ ) (4.1
+1 2)

In this model, Equation (4.13) enforces the balance between the power produced by
the turbine and the power consumed by the pumps. Using the calculated efficiency
values for the turbine and the pumps, the equation is solved under the condition that

the turbine’s output power equals the pumps’ power demand.

GO+ )=y =) 4.13

13
2
)

For the solution to exist at a unique point, three additional equations that close the

cycle are solved in the model.

Equation (4.14) calculates the turbine efficiency using the turbine inlet and outlet

temperatures and the pressure ratio.

14 — -1

1- (_> (4.14)

Equation (4.15) calculates the Mach number at the turbine-nozzle exit using the

turbine nozzle area ratio and the gas properties from the gas generator.
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+1 -1 5\2( -1)
_ +12( -1 (1 * 2 ) 4.1
" 2 / 5)

+1

Finally, the turbine exit pressure is calculated based on the gas generator pressure,
the turbine nozzle exit mach number, and the specific-heat ratio y of the combustion

products in the gas generator in the Equation (4.16).

—1 2)_——1) (4.16)

16 = —( a+
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5. MODELLING & RESULTS

5.1 KRE-075

In order to demonstrate the static performance tool, Nuri (KSLV-II) is selected as the
representative system, with the first-stage KRE-075 (sea-level) engine providing the
baseline for model inputs and outputs. Figure 5.1 presents the design of the KRE-075
engine. The Nuri is a three-stage launch vehicle: the first stage is powered by four
75-tonf sea-level engines, the second stage by a single 75-tonf vacuum engine and
the third stage by a 7-tonf engine [29]. While the development of small satellite
launch vehicles (SLVs) focuses on acquiring launch vehicle system technologies,
including launch vehicle system integration and launch operation technology, the
development of the Korean launch vehicle (KLV) places the greatest emphasis on the
development of high-thrust liquid propulsion engines, a technology that was
relatively lacking in previous projects. Therefore, the successful development of a
75-ton liquid rocket engine is a key factor in determining the success or failure of the
KLV development project. The 75-ton liquid engine for the KLV is based on the
experience gained from the development of a 30-tonf liquid rocket engine by the
Korea Aerospace Research Institute (KARI) as a preliminary research project on
liquid engine technology during the development of the small satellite launch vehicle

[30, 31].
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Turbe pump

Figure 5.1: KSLV-II 75-tonf LRE [32]

A detailed P&ID of the KRE-075 from the literature was presented previously in
Figure 2.8. Pre-ignition operations such as purge and chilldown belong to the
transient phase that enables the engine start. Therefore, detailed P&ID includes
pneumatic actutation system, chilldown and purge lines. A simplified P&ID is given
in Figure 5.2 and this is adequate for steady and on-design performance analysis.
This schematic includes on the turbopump, gas generator, thrust chamber and the

hydraulic feed system (piping, valves and orifices).
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Figure 5.2: KRE — 075 Schematic [33]

Dxidizer Fuel

In the KRE-075, the thrust chamber was designed for a combustion pressure of 60

bar and a mixture ratio (O/F) of 2.5. As indicated in Figure 5.3, under a shifting-

chemical-equilibrium model the nozzle expansion ratio that maximizes vacuum

specific impulse depends on mixture ratio. Therefore, the optimum expansion ratio

differs across O/F values. Increasing oxidizer - fuel ratio raises the combustion-gas

temperature and increases cooling requirements. Also, approximately 10% of the fuel

flow is used to film cooling which causes higher O/F at center of combustion

chamber. Therefore, the mixture ratio yielding the maximum vacuum specific

impulse shifts to a lower value. Considering these factors, an O/F of 2.5 was selected

[34].
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Figure 5.3: Combustion Temperature and Specific Impulse vs. Mixture Ratio [34]

The 75-tonf first-stage thrust chamber consists of a mixing head, a combustion
chamber, and a nozzle. The chamber and nozzle have a double-wall construction
which include an inner rectangular channel liner for regenerative cooling and an
outer jacket that provides structural support. The temperature in combustion chamber
and nozzle throat is high, therefore, a film cooling is placed at the entrance of

combustion chamber and nozzle throat. Figure 5.4 shows 75-tonf thrust chamber

desgin specifications.

_ Mixing head .

Cylindrical
section |

2nd film- |
Nozzle throat

section

2nd nozzle |
section

Mixture(O/F) Ratio

Chamber pressure 6.0 MPa
Mixture(O/F) ratio 2.45
Ignition method TEA+TEB mixture
Propellant mass | Oxidizer 173.0 ko/s
flow rate Fuel 70.6 kg/s
Characteristic velocity(Cx) 1,730 m/s
Chamber diameter 524 mm
Throat diameter 302.5 mm
Nozzle exit diameter 1,048 mm
Nozzle expansion ratio 12.0
Vacuum 74.8 tonf
L sea level 65.9 tonf
Spedific | | Vacuum 306.9 sec
PesHe impLie sea level 270.6 sec

Figure 5.4: Thrust Chamber Design Specifications [34]

Figure 5.5 shows that the oxidizer and fuel injector manifolds deliver propellants to

injectors with separate flow paths. Oxidizer enters via a central supply line and fills a
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dome-shaped oxidizer manifold. Then, oxidizer is delivered through the injectors
into the chamber. Fuel is introduced at the secondary-nozzle section, routed through
the cooling channels to cool the chamber and nozzle, and subsequently collected in
the fuel manifold before injection. As shown in Figure 5.5, the head incorporates 721
injectors arranged in 15 concentric rows. Ignition reliability is enhanced by one
central ignition swirl injector and six jet-type ignition injectors, each positioned in

one of the six outer compartments formed by the baffle injector.

rt
LOx dome po

cover

L
L= 1 Inner vertical .
1l u‘ju ul distributor Horizental  gogom plate

distributor
Quter vertical
distributor

Figure 5.5: Mixing head and injector arrangements [34]

During thrust-chamber development, many experiments were performed, from scaled
to full-scale combustors. The scaled 30-tonf engine tests show injector pressure
drops of 11.5 bar for oxidizer and 14.0 bar for fuel at a chamber pressure of 60 bar
with flow rates of 25.8 kg/s (fuel) and 63.0 kg/s (oxidizer) [35]. Figure 5.6 shows
the 30-tonf combustor design and Figure 5.7 shows the 30-tonf engine test results.

Figure 5.6: 30-tonf Combustor [35]
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Figure 5.7: 30-tonf Engine Test Results [35]

In the scaled-engine tests, 277 injectors were used, whereas the full-scale 75-tonf
engine has 721 injectors. Full scale development tests at 30 bar chamber pressure
with a total flow rate of 121 kg/s show that injector discharge coefficients were
similar to those from the scaled tests. These injector discharge coefficient data are
used in the static model. Figure 5.8 shows the combustion chamber injector head that
is used in the 75-tonf engine. Figure 5.9 shows the low pressure combustion test

results of 75-tonf thrust chamber.
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Figure 5.8: 75-tonf Combustion Chamber Injector Head [36]
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Figure 5.9: Low Pressure Combustion Test of 75-tonf Thrust Chamber [37]

The differential pressure generated in the regenerative cooling path generally has the
largest portion of the thrust chamber’s pressure drop and the design point pressure

drop has been reported as 21 bar based on hydraulic analysis [34].

The gas generator used in KRE-075 consumes about 4% of the engine’s total
propellant flow rate to drive the turbine. The 75-ton-class gas generator (75tGG) is
almost identical to the gas generator which was developed for 30-Tonf
LOX/Kerosene rocket engine. The specifications of this gas generator are given in

Table 5.1.

Compared to the 30-tonf gas generator, the main difference in the 75-tonf gas
generator is an approximately threefold increase in propellant flow rate, consistent
with the higher thrust level. The 75-tonf class gas generator adopted a similar
cylindrical combustion chamber design, coaxial swirl injectors, and regenerative
cooling concept as the 30tGG, based on the previously developed technology [7].
Figure 5.10 shows the design of 30-tonf gas generator. The 75-tonf class gas

generator specifications are given in Table 5.2.
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Table 5.1: 30ton-f Gas Generator Requirements [31]

Operation Mode Fuel-Rich Unit

Oxidizer LOX -
Propellant

Fuel Jet A-1 -
Chamber Pressure 5.78 MPa
Gas Temperature 900 K
O/F Ratio 0.321 -

Fuel 3.33 kg/s
Mass Flow

Oxidizer 1.07 kg/s
Rate

Total 4.40 kg/s
Residence Time 6.0 msec
Injector Fuel 1.2 MPa
Pressure Drop Oxidizer 1.2 MPa
Spatial Temperature

<x70 K

Distribution

Chamber Pressure Fluctuation <3% -

Figure 5.10: 30-tonf LPRE Gas Generator [7]

48



Developed gas generator for KRE-075 has typically fuel rich gas generator and

combustion gas temperature is limited because of turbine blade structural limits [21].

Table 5.2: KRE-075 Gas Generator Specifications [21]

Specification Value Unit

Chamber Pressure 6.05 MPa
Total Propellant Flow Rate 10.3 kg/s
Burnt Gas Temperature 900 + 70 K
Weight <11.2 kg

The KRE-075 turbopump consists of an oxidizer pump and a fuel pump driven by a
turbine. Figure 5.11 shows the turbopump of the 75-tonf engine.

Figure 5.11: 75-tonf Turbopump Assembly [38]

Within the turbopump development effort for the 75-tonf engine, the specifications
and design-point performance data collected from the literature are summarized in

Table 5.3.
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Table 5.3: Turbopump Design Requirements and Performance [38,39]

Components Fluid Flow Pressure  Temperature Specific RPM

Rate (MPa) (K) Power

(ke/s) (kJ/kg)
LOX Pump Liquid 175.6 8.4+ 93 217 0.095 1.12

Oxygen
261
Fuel Pump Kerosene 79.3 11.0 + 288 109 0.096 1.32 10300
Turbine GG gas 11.3 5.8 900

Pump development tests were performed based on similarity rules. Water tests of the

fuel pump provided the data on flow ratio versus head coefficient and flow ratio

versus efficiency at different rotational speeds [40]. Figure 5.12 and Figure 5.13

show the water test results for the fuel fump. The oxidizer pump tests were also

conducted using water and results are presented as shown in Figure 5.14, Figure 5.15

and Figure 5.16 [41].
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Figure 5.12: Head Coefficient versus Flow Ratio for the Fuel Pump [40]
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The turbine supplying power to the pumps comprises 12 nozzles, including 10 for

steady operation and 2 for start-up. Figure 5.17 presents the turbine nozzle and rotor.

Turbine specifications are provided in Table 5.4.

Figure 5.17: Turbine Nozzle and Rotor [42]

Table 5.4: 75tonf Turbine Specifications [42]

Parameter Design Condition
Medium GG Gas
Pressure Ratio 18
U/Cad 0.21
Nozzle No 10
Inlet Temperature [K] 900

The turbine was tested using air under similarity conditions to simulate the design

point. The performance curves are derived using the corrected rotational speed (N*).

Figure 5.18 shows the turbine efficiency for different pressure ratios and tip speed to

adiabatic velocity ratios.
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Figure 5.18: Turbine Efficiency versus Pressure Ratio and U/Cad [42]
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In KRE-075, 4 shut off valves were used. Two of them are thrust chamber oxidizer
and fuel valves, the other two are oxidizer and fuel valves for gas generator. These
valves are poppet type and pneumatically actuated. Flow coefficients were derived
from CFD analyses and water tests. Figure 5.19, Figure 5.20 and Figure 5.21 show
the main oxidizer valve, the thrust chamber fuel valve and the gas generator fuel

valve along with their test results, respectively.
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Figure 5.20: Thrust Chamber Fuel Valve Design and Valve Coefficient Test [45]
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Figure 5.21: Gas Generator Fuel Valve and Test Result [46]

The KRE-075 engine has also control valves used to regulate flow. By setting these
valves to different positions, pressure drops can be changed and the flow rate can be
adjusted. Three control valves are used in the engine. These valves are located as
follows: one in the gas-generator oxidizer line, one in the gas-generator fuel line, and
one in the thrust-chamber fuel line. The Kv characteristics of the gas generator

control valves are shown in Figure 5.22.
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Figure 5.22: Kv Values of the Fuel and Oxidizer Control Valves [47]
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5.2 Results

Results were obtained for the gas-generator control valves and the thrust chamber
control valve positions using the developed model. For the assumed nominal valve
positions, Table 5.5 summarizes the specification/requirement targets for the
turbopump, gas generator and thrust chamber with difference model predicted values.
In addition, three parametric cases evaluated to quantify how changes in each control

valve position affect overall system performance.

Table 5.5 also provides a comparison between the model predictions and the
specifications for the relevant component performance parameters. Under the
assumptions given in 5.1 KRE-075, the largest deviation occurs in the gas generator
mass flow rate. Because the gas generator produced gas properties were taken from
Huzel’s tabulations, error in the predicted turbine power is expected. Therefore, the
results can be judged acceptable. The model results that thrust slightly above the
reference value but lower the specific impulse. Achieving a similar thrust with higher

mass flow rate causes the lower specific impulse.

Treating these results as the nominal baseline, outcomes for the three control valve

cases are presented next.

Table 5.5: Model Nominal Results

Parameter Model Result ~ KRE-075  Difference (%)
Fuel Pump Flow Rate (kg/s) 79.58 79.3 0.35
Oxidizer Pump Flow Rate (kg/s) 176.5 175.6 0.51
Turbopump RPM 10365 10300 0.63
LOX Pump 85.1025 + Pin 84+ Pin 1.31
Fuel Pump 116.31 + Pin 110+Pin 5.74
GG O/F 0.3217 0.321 0.22
GG Total Flow Rate (kg/s) 10.75 10.3 4.37
GG Pressure 63.41973 60.5 4.83
Turbine Inlet Temperature (K) 897 900 0.33
Turbine PR 19.31 18 7.28
TC LOX Flow Rate (kg/s) 173.8712 173.0 0.5
TC Fuel Flow Rate (kg/s) 71.44249 70.6 1.19
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Table 5.6 (continued): Model Nominal Results

Parameter Model Result ~ KRE-075  Difference (%)
TC O/F 2.434 2.45 0.65
TC Total Flow Rate (kg/s) 245.31 243.6 0.7
TC Pressure (bar) 59 60 1.67
TC Regenerative Cooling (bar) 21.69952 21 3.33
TC Sea Level Thrust (tonf) 66 65.9 0.15
TC Vacuum Level Thrust (tonf) 74.9 74.8 0.13
TC Vacuum Specific Impulse (s) 305.4 306.9 0.49

5.2.1 Gas generator oxidizer control valve throttling

Figure 5.23, Figure 5.24 and Figure 5.25 show how engine performance varies as the
gas generator oxidizer control valve (OCV) opens. As the gas generator oxidizer
control valve (OCV) opens, the oxidizer flow to the gas generator increases, raising
the gas generator mixture ratio (O/F). The higher O/F elevates the gas temperature,
which in turn increases turbine power and drives the turbopump to a higher speed.
With higher turbine produced power, both oxidizer and fuel pump outlet pressures
rise. Thus, total propellant flow rates drawn by engine increase. Consequently, not
only the gas generator oxidizer flow but also the gas generator fuel flow increases, so
the total gas generator mass flow rises. The increased pump discharge also raises the

oxidizer and fuel flows to the thrust chamber, leading to a higher thrust level.

57



w—GG OF =——=GGT

0,34 930
0,335 520
033 310
0,325 900
w =
° 032 8% =
@
(L]
0,315 880
031 870
0,305 860
03 850

s==Turhine Power s===RPM

3500 10750
3400 i
3300

- 10450

2 3200

g 3100 10300 s

& &

o 3000 10150

£ 2000

- 10000
2800
e 8850
2600 9700

| OX Pump Outlet P ====Fual Pump Outlet P

130

v
=]

120

110

LOX Pump Outlet (bar)
=] o
(=] w

Fuel Pump Outlet (bar)

100

75 a0
40 46 52 58 64 70 76 82 BB 94

GG Oxidizer Control Valve Opening Ratio

Figure 5.23: GG Mixture Ratio, Gas Temperature, Turbine Power, Turbopump RPM,
Pump Outlet Pressures vs. GG OCV Position



——LOx Pump MFR Fuel Pump MFR

40 46 52 58 64 70 76 82
GG Oxidizer Control Valve Opening Ratio

88

94

185 88
= = 86
180
84
= =
~
Bars 822y
g 50 £
5 5
% 170 B
5 788
S 2
76
165
74
160 72
GG LOX MFR  ====GG Fuel MFR
2,8 8,2
2,7 8,1
—~ 26 8 -
@
Q 2
g £
=< 2,5 79 2
[=]
= 2
o
Y24 78 0
2,3 7,7
2,2 2 7,6
s TC LOX MFR s TC Fuel MFR
180 80
178
78
176
178 76 _
z z
B2 )
= 170 3
=} S
= 72 2
g 168 5
166 70
164
68
162
160 66

Figure 5.24: Pump Mass Flow Rates, GG Oxidizer and Fuel Flow Rates, TC

Oxidizer and Fuel Flow rates vs. GG OCV Position

59




===TC Pressure GG Pressure
64 70

[3:]
62
66

64
60

62

58 60

58

TC Pressure (bar)
GG Pressure (bar)

56
56

54

54
52
52 50

m——TC OF = TC Temp
2,255 3535

3530
3525

3520

£
l 3515 5
&

g ¥ 35105

) - £

2,225 - 2
553 3505
2,215 3500
2,21 3495
2,205 3490

e TC Thrust

700
680

2 660

E 640
S 620
H

2 600

« 580
560

540
40 a6 52 58 64 70 76 82 B8 94
GG Oxidizer Control Valve Opening Ratio

Figure 5.25: TC and GG Pressure, TC O/F, TC Gas Temperature, TC Thrust vs. GG
OCYV Position

5.2.2 Gas generator fuel control valve throttling

Figure 5.26, Figure 5.27 and Figure 5.28 demonstrate how engine performance
responds to variations in the opening position of the gas generator fuel control valve.
As the gas generator fuel control valve opens, the gas generator mixture ratio (O/F)
decreases. The lower mixture ratio reduces the gas temperature at the gas generator
and, in turn, turbine power. With less power available, pump outlet pressures
decrease. Therefore, gas generator oxidizer flow decreases even though the gas
generator fuel flow increases. Although the total gas generator mass flow rate rises,
the dominant effect on turbine power is the reduction in mixture ratio. The reduced
pump outlet pressures also reduce the propellant flows to the thrust chamber. Thus,

thrust decreases due to the reduced thrust chamber flow rate.
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5.2.3 Thrust chamber fuel control valve throttling

Figure 5.29, Figure 5.30 and Figure 5.31 illustrate the wvariation in engine
performance as the thrust chamber fuel control valve opens. The LPRE performance
results were generated for the thrust chamber fuel control valve that is the third
control valve in the KRE-075 P&ID. Opening this valve reduces hydraulic resistance
in the chamber fuel line, a greater share of the pump delivered fuel goes to the thrust
chamber while the gas generator fuel flow decreases. This shifts the gas generator to
a higher mixture ratio and raises the gas generator gas temperature. However, the
reduction in total flow rate of gas generator causes the reduction turbine power.
Decreasing turbine power leads to less pump outlet pressures. Fuel pump outlet

pressures are more affected due to higher delivering fuel flow rate due to reduction
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resistance of chamber fuel line. As a result, oxidizer flows to both the gas generator
and the thrust chamber decrease only marginally. Overall, the thrust chamber fuel
control valve has a much smaller system level impact than the gas generator control
valves. These are concluded that thrust chamber fuel control valve is better suited for

trimming the chamber mixture ratio than for active thrust control.

=——GG OF = GG T

0,335 915

9205

900

GG OF
GG T (K)

890

885

880

875

0,305 870
e===Turbine Power RPM
10500
3140
10450
3120
N — 10400
—
Fawo
] : - 10350
3 3080 2
e - o
£ 3060 — 10300
£
£
=l
F 3080 10250
3020 10200
3000 10150
@] OX Pump Outlet P Fuel Pump Outlet P

92

-
I
a

91

20

-
N
S

LOx Pump Outlet (bar)
00
o
i
2
"
Fuel Pump Outlet (bar)

-
=
15}

3
o
=
o
[

30 37 44 50 56 62 68 74 80 86 92
TC Fuel Control Valve Opening Ratio
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Pump Outlet Pressures vs. TC FCV Position
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6. CONCLUSIONS
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In this thesis, a static performance model was developed for a gas generator (open
cycle) liquid propellant rocket engine. The model resolves station level quantities
(e.g., valve pressure drops, gas generator pressure, turbine power) and shows how
changes in component level parameter affects to overall engine performance. While
1D transient simulations are typically preferred for dynamic analysis, the developed
static model is less computationally expensive and therefore better suited to trade

studies and early design decisions.

This static model calculates each engine station performance parameters (e.g., valve
pressure drops, gas generator pressure, turbine power) and reveal effects of each
performance parameters on overall engine performance. 1D dynamic models are
mostly preferred to simulate engine performance but it has higher time compared to
developed static model. In preliminary design phases, this model gives more fast
response of development process and give you good idea when you have to take

critical decision regarding to design of components.

For execution and comparison, the model was parameterized with publicly available
KRE-075 data and its outputs were benchmarked against specification values.
Because most of the source data originate from development testing, perfect
agreement with flight hardware is not expected. Under the stated assumptions in 5.1
KRE-075, the discrepancies are judged acceptable. The large deviation appears in the
gas generator mass flow rate (~5%) because the model uses Huzel’s tabulated fuel

rich product gas properties.

The primary aim of this study was to evaluate the off-design behavior of an LPRE.
Varying control valve positions shows that throttling is governed primarily by the
gas-generator oxidizer flow. Opening the gas-generator oxidizer control valve (GG
OCV) increases total mass flow and raises the gas-generator (GG) gas temperature.
Turbine power is increased and pump outlet pressures rises. Therefore, oxidizer and

fuel flow rates increase for both for gas generator and thrust chamber.

By contrast, opening the GG fuel control valve mainly increases GG fuel flow while
lowering the GG gas temperature, which reduces turbine power and thus pump outlet
pressures and delivered flow rates. Consequently, the GG fuel valve is better suited

for balancing the GG mixture ratio than for thrust throttling. As emphasized in the
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thesis, the GG temperature limit is critical due to turbine blade stress, because
mixture ratio may deviate from on-design point, the GG fuel valve can be used to
trimming mixture ratio to its design value and keep the turbine inlet temperature

within limits.

The thrust-chamber fuel control valve (TC FCV) has only a modest system-level
influence; it is more useful for trimming the chamber mixture ratio than for active
thrust control. Throttling in this cycle is driven by gas-generator (GG) working gas.
Opening the TC FCV reduces hydraulic resistance in the TC fuel line, so a larger
share of pump-delivered fuel goes to the chamber and the GG fuel flow decreases.
Thus, the TC FCV affects GG flow only indirectly and has a limited impact on
overall system characteristics. Figure 5.31 shows that the thrust increases first, then
decreases with the opening TC FCV. The increasing thrust is caused due to
increasing flow rate first, but then temperature reduction be dominant at more fuel

rich condition, therefore, thrust starts to decrease.

In summary, the control valve position effects on the system performance were
studied and the developed model provides results how system characteristics changes

with the changing hydraulic resistance using control valves.

7. FUTURE WORKS

The current thesis provides a comprehensive analysis of open-cycle LPRE modeling,
and the obtained results are consistent with the literature. The developed model

assumes prescribed temperatures at each engine station. Therefore, heat-transfer
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effects are not explicitly modeled. In future work, a heat transfer module can be
developed to improve the accuracy of the predicted states and performance. In
particular, regenerative cooling involves significant heat-transfer processes, but it is
not currently included in the model. A thermal sub-model (e.g., regenerative cooling
channels, hot-gas-side heat flux, and wall thermal inertia) can be formulated and

integrated into the static model as a coupled submodule.

In addition, the static model can be extended to support systematic sensitivity
analysis and uncertainty quantification to evaluate the effects of internal variations
(e.g., manufacturing tolerances, design uncertainties) and external variations (e.g.,
ambient pressure and temperature). Thus, the engine performance dispersion can be
found and the dominant parameters in crucial outputs such as chamber pressure,

mixture ratio, turbopump speed, turbine power can be identified

Finally, future work may focus on control-oriented studies to maintain a constant
mixture ratio while meeting thrust demand or on-design performance requirements.
In this thesis, the impact of changing a single control valve position on engine
characteristics was investigated. The positions of three control valves can be adjusted
simultaneously to regulate flow rates and stabilize mixture ratio under disturbances.
This approach can be evaluated using the dynamic model to compare control

algorithms, valve actuator limits, and transient responses.
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